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Mission Performance and Design Sensitivities
of Air-Breathing Hypersonic Launch Vehicles
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Hypersonic vehicles with single-stage-to-orbit capability present a major system design challenge. Maximum
system efficiency is required to achieve the mission objective, and this clearly depends in some way on subsystem
efficiencies, including structural, aerodynamic, propulsive, and operational. Because all subsystem efficiencies are
interrelated, especially for these vehicles, a design based on independent optimization of the subsystems will not
lead to the optimum system. A system analysis will be performed in the attempt to determine sensitivities between
subsystem efficiencies and mission performance. Trajectory optimization is the basic tool used to determine maxi-
mum orbital mass fraction for a specified orbit-injection mission. Then parametric analysis of basic efficiencies and
sizing parameters are performed, a matrix of configurations generated, and their mission performance determined.
The key results from this analysis include the formulation of the problem for this vehicle class using trajectory
optimization, the characteristics of the optimal trajectories, and the subsystem sensitivities. Results indicate that
the maximum achievable orbital mass fraction is a stronger function of propulsion-system efficiencies than the
vehicle’s aerodynamic efficiency. Thus, a mission-performance-optimized configuration would tend to have low

slenderness ratio, with propulsive capability stressed over aerodynamic efficiency.

Nomenclature
A,y = engine diffuser area ratio
A, = engine exit area, ft?
A, = engine nozzle area ratio
Cp = vehicle drag coefficient
Cp, = parasite drag coefficient
Cy = aerodynamic lift coefficient
cp = specific heat at constant pressure, Btu/Ib-°R
D = aerodynamic drag, 1b
E = energy height, ft
g = gravitational constant, ft/s
Hp = engine nozzle exit height, ft
H; = engine inlet height, ft
h = altitude above Earth’s surface, ft
I, = specific impulse, s
L = aerodynamic lift, Ib
[ = vehicle forebody length, ft
I = vehicle afterbody length, ft
I3 = vehicle total length, ft
M = Mach number
M, p,, Ty = engine inlet conditions

M,, p,, T, = combustor inlet conditions
M;, p3, T; = combustor exit conditions
M,(=M,), = engine exit conditions
Pa(=Pe)s

T4 (:Te)

my = fuel mass flow rate, slugs/s

D = atmospheric or working fluid static
pressure, psf

Div = surface pressure on vehicle forebody, psf
De = total pressure, psf

DPus = pressure on upper surface of vehicle, psf
0 = stagnation heat transfer rate, Btu/ft*/s

0, = heating value of the fuel, Btu/lb

q = dynamic pressure, psf
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R = universal gas constant, 1716 ft2/s2/°R

R, = radius of Earth, ft

T = atmospheric or working fluid static
temperature, °R

Th = thrust, Ib
Vv = velocity, ft/s
w = total vehicle weight, Ib

W, = effective forebody width, ft
Wb = effective afterbody width, ft
W, = fuel flow rate (by weight), Ib/s

w, = effective propulsive width, ft

Xpiume» Zpume = force due to exhaust plume pressure
distribution, 1b
Z = force due to turning of flow at engine inlet, 1b
o = vehicle angle of attack, deg
y = vehicle flight-path angle, deg; ratio of specific
heats
Na = aerodynamic efficiency
Ne = combustion efficiency
Na = diffuser efficiency
Ne = afterbody/mozzle expansion efficiency
N = mass capture efficiency
Mn = nozzle efficiency
o = atmospheric or working fluid density, slugs/ft®
T = forebody nose angle, deg
2 = afterbody nose angle, deg
Subscripts
i = inlet
t = total
00 = freestream condition
Introduction

POSSIBLE next-generation launch vehicle will be a fully
reusable, single-stage-to-orbit(SSTO) aerospacecraft. A typ-
ical generic configuration may use liquid hydrogen (LH;) fuel,
be 150 ft in length, have a gross weight between 300,000 and
500,000 1b, be capable of horizontal takeoff and landing, accel-
erate to Mach 25 in the upper atmosphere, and deliver payload into
low earth orbit.!
To meet these mission requirements, the vehicle must utilize
an air-breathing propulsion system for much of its trajectory to
avoid the weight penalty of carrying the oxidizer. The air-breathing
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scramjet engine may be the primary propulsive system, and to ob-
tain maximum propulsive efficiency, the scramjet engine must be
operated at a high-dynamic pressure. However, since aerodynamic
heating and drag also increase with dynamic pressure, the benefits
of high-propulsive efficiency must be balanced against tempera-
ture and structural constraints. Further, aerodynamic and propulsive
performance (e.g., L/D, thrust, and fuel flow) vary with vehicle
weight, Mach number, and altitude, and so the vehicle performance
(i.e., maximum payload to orbit) will depend on the vehicle trajec-
tory. Similarly, both aerodynamicforcesand heating are functionsof
Mach number and altitude; thus, aerodynamic efficiency and struc-
tural design requirements (e.g., the amount of aerodynamic heating
the structure can withstand) are trajectory dependent as well. Con-
sequently, independent subsystem optimization will not lead to the
optimal integrated system.>3

Because these vehicles are neither conventionalaircraftnor rock-
ets the vehicle sizing problem is unique. Conventional aircraft siz-
ing, based on Breguet analysis, for example, is not appropriate,
nor is classic rocket performance analysis. Consequently, the sizing
problem must be reformulated.

First, the formulation of the sizing problem, using trajectory op-
timization, will be presented, along with a brief description of the
baseline vehicle configuration. Next, motivation is provided for de-
termining the key performance drivers, followed by an in-depth
discussion of several vehicular subsystems, which are potentially
the most critical. Finally, a parametric analysis will be performed to
determine the relationship between mission performance and sub-
system efficiencies.

Generic Vehicle Description

The vehicle geometry considered was selected to reflect key char-
acteristics similar to those of the X-30 vehicle.! The configuration
is a lifting body, with an air-breathing, hydrogen-fueled propul-
sion system (scramjet). The basic geometry is shown in Fig. 1. The
configuration consists of a forebody/engine inlet, internal engine
module, and afterbody/kxhaust nozzle. The weight of the vehicle at
scramjet ignition will be taken to be 300,000 Ib.

The vehicle’s forebodyprovidesnotonly aerodynamiclift butalso
precompression for the engine module. As a result, the properties
of the air flowing into the combustor, and thus the overall engine
performance, are strong functions of both the forebody geometry
and vehicle attitude (i.e., angle of attack). Further, the afterbody
acts as a nozzle extension that experiences exhaust-plumeimpinge-
ment. The resulting pressure distributionon the afterbody generates
propulsivethrust and lift, as well as pitching moment. An additional
aeropropulsive effect is the download on the engine inlet cowl as
the air incident on the forebody is redirected into the inlet.

The hydrogen-fueled scramjet engine includes three main sec-
tions, a variable-geometry diffuser, combustor, and internal expan-
sion nozzle, as shown in Fig. 2. Station 1 denotes the engine inlet,
station 2 the diffuser exit/combustor inlet, station 3 the combustor
exit/nozzle inlet, and station 4 the engine exit.

The relevant aerodynamic forces are the lift and drag on the fore-
body and upper surface. These forces can be expressed;* for exam-
ple, as

L= ll Wapfb(a) COS(O[ + Tl) - l3Wapus(O[) cosa
(1)
D =1L W, pwp(e)sin(a + 1) — W, pus(@) sina +1; W,qo Cp,

and the coefficients

Cp :L/(qoos) Cp :D/(qoos)

may be defined in terms of the aerodynamic reference area
S = ll Wa

Figure 3 shows the resultingdrag polar,assuming Cpp, = 0.024 inde-
pendentof Mach number, and Fig. 4 shows the resulting lift-to-drag
ratio. The nonparabolicdrag polaris typical of vehicles with the low-
effective aspect ratio of a lifting body, where by nonparabolic we
mean Cp = Cp, + K (C)” and where p is less than two. The maxi-
mum L /D of abouttwo correspondsto an angle of attack near 1 deg.
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Fig. 1 Generic hypersonic lifting-body configuration.
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Fig. 4 Lift-to-drag ratio, baseline configuration.

Under Newtonian theory these data are not strong functionsof Mach
number, considering only the hypersonic Mach range (M > 5).
The engine inlet conditions depend not only on the flight Mach
number and altitude but are also strongly dependent on the fore-
body angle of attack. Using Newtonian theory to estimate the inlet
conditions, a cycle analysis for the engine was performed in Ref.
4, and an engine performance model developed. This propulsion-
system model included two control limits. The first is a diffuser
area ratio limit. For complete combustion to occur, a combustor
inlet pressure of approximately 1 atm is suggested.> A variable ge-
ometry diffuser is assumed to deliver a constant combustor inlet
pressure of 1 atm, subject to a maximum allowable diffuser area
ratio of unity2*® This feature was recommended in Refs. 2 and
6 to actively control the high-frequency pressure and Mach vari-
ation in the combustor for stable combustion. The second limit is
on the fuel/air ratio (FAR). The maximum FAR is that which will
thermally choke the combustor, subject to the maximum FAR cor-
respondingto the stoichiometric value of 0.03 (Ref. 7). FARs above
stoichiometric will not be considered here, though Ref. 8 suggests
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that performance may be increased slightly if FARs above stoichio-
metric are considered. This will be examined furtherin later studies.

Subject to these limits, the cycle analysis yields the following
relationships for fuel flow and propulsive thrust:

2
Th = ADW+Q—EDMw”ﬁ”}m
@

Ad An

- PM 14 A ) FaR)
m = e— —
T T W RT )\ A,

which depend on A, = HyW,. Here, Th is the thrust generated
by the engine module not including plume expansion. The plume
expansion leads to the forces

P l(P)
(P-1

P,
Ps
3

Xplume = POOZZ u/ub|: i| sin (%] where ﬁ =

P l(P)
Zplume = _Poolzwub ——— | COS T
(P-1

which depend on W,,. Finally, the forces on the engine inlet pro-
duced by redirecting the inlet airflow is given by

Xlum = yPlMlz[Ae/AdAn](l — COs Tl) (4)
Zlum = yPlMlz[Ae/AdAn] Sil’l T

With reference to Fig. 1, total propulsive thrust and lift will then
be defined, respectively, as

Tx' =Th + Xplume + Xlum Tz = Zplume + Zlum (5)

If coefficients C7, and Cr, are defined as the propulsiveforcesnondi-
mensionalized by flight dynamic pressure and the aerodynamic ref-
erence area, Fig. 5 shows these coefficients at 100,000-ft altitude.
The values shown are typical, with coefficients corresponding to
lower altitudes taking on smaller values. The main points with
respect to these data are that these propulsive forces are strong
functions of vehicle angle of attack and the propulsive lift is the
same order of magnitude as, but in the opposite direction from, the
aerodynamic lift.

Finally for this vehicle, and with reference to Fig. 1, the specific
impulse may be defined to be

1

Isp = V{(Th + Xplume + Xlum) cosa
!
Thinslalled
+ (Zplume + Zlum) Sll’lOl} = 0 (6)
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Fig. 5 Propulsive force coefficients, baseline configuration at 7 =
100,000 ft.
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Fig. 6 Specific impulse for baseline configuration, V = 10,000 fps.

Note that this definition includes the component of thrust along
the velocity vector, which is important for performance analysis.
The strong dependence of propulsive performance on angle of at-
tack is demonstrated in Fig. 6, which shows the specific impulse
corresponding to a flight a velocity of 10,000 ft/s at two different
altitudes. The angle-of-attack dependence is greater at higher alti-
tudes, where the reducedatmosphericdensity magnifies the effectof
the precompression from the forebody. Values for specific impulse
at higher Mach numbers are typically greater than those shown in
Fig. 6, due to higher inlet compression. Note that no inlet losses,
perfect pressure recovery, and perfect fuel combustion are assumed
in these data. Effects of reduced efficiencies will be estimated later.

Optimization Paradigm

As noted earlier, the feasibility of the SSTO mission clearly de-
pends on the efficiencies of the vehicular subsystems, and system
optimization will be required. In contrast to the investigations re-
ported in Refs. 8-11, for example, the problem addressed here is
not precise trajectory optimization for a given vehicledesign. In this
investigation we are interested in determining the key performance
drivers for a class of systems prior to detailed design of a particular
vehicle. Hence, we seek to determine a priori what is important in
terms of mission performance, before a detailed vehicle description
is available.

The prototypical mission is to deliver payload into circular low
Earth orbit (LEO), with a typical orbital altitude of 200,000 ft. To
gainfundamentalinsight, note first that thismissionis one of gaining
total energy E, where we define

E =[hR./(R., + )]+ (V?/2g0) (7

(This expressionis the sum of potential plus kinetic energies per unit
weight. It is similar to the specific energy used in orbit mechanics,
but the usage here is more typical in atmospheric flight mechanics.)
A key relation is the rate at which the vehicle can increase energy,
where

E — (Thinslalled - D)V (8)

w

Under some assumptions,'” the following approximation may be
obtained (note that this approximationis made here to gain insight;
the exact expression [Eq. (8)] is used in determining the numerical
results presented later):

1% |:(T/WL/D - 1)}&

dE ~ —
SFC| (T/wL/D) | W

C))

which reveals a first-order approximation for the instantaneous
mission-performance, the energy gained per unit of fuel dE/dW,.
The greaterthis efficiency, averaged over the mission, the greater the
orbital mass fraction Wy, / W, achievable, since the fuel required
to achieve the desired orbital condition can be expressed as

Er Er
E Eo f

0
and orbital mass fraction can be expressed as

final payload structure
— + +

Winert system ( 11 )
Wo Wo Wo Wo
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So mission performance, measured in terms of maximum or-
bital mass fraction, is clearly a function of the aerodynamic effi-
ciency (L/D), and propulsive efficiency [T /W and specific fuel
consumption (SFC)]. Also, structural efficiency (as measured by
structural mass fraction Wy cure / Wo), along with weight of unused
fuel, avionics, etc. (lumped in Wiper sysiem ), trades against payload
mass fraction for a given orbital mass fraction. If the weight of a
given configuration consisted of only fuel (i.e., no payload or struc-
ture), SSTO would certainly be achievable because E would tend
to infinity. But such a system would place no payload into orbit.
Thus, the performance objective is not to just achieve SSTO but to
place the maximum payload into LEO. And since the aerodynamic
and propulsive efficiencies are trajectory dependent, trajectory op-
timization is required.

The first problem then is to determine the maximum mission
performance (orbital mass fraction) for a given baseline vehicle
configuration. This problem is solved by finding the minimum-fuel
trajectory, which leads to the maximum orbital mass fraction.

The secondproblemis to determine the mission-performancesen-
sitivity to changes in subsystem efficiencies. To solve this problem,
subsystem efficiencies will be defined and parametrically adjusted
relative to the baseline, generating a matrix of configurations. Then
the maximum orbital mass fractions will be determined for each of
these configurations. The results from this parametric analysis will
then include both the optimal trajectories for the family of vehicles
in the matrix, along with the sensitivities of mission performance to
variations in the subsystem efficiencies.

Energy-state methodology will be employed to determine the
minimum-fuel trajectories. This methodology affords a simple
graphical solution to the optimization problem and has been classi-
cally used in aircraft performance analysis (cf. Ref. 13). But re-
cently, it has been shown in Ref. 3 that it can be valid for the
class of vehicle and mission in question here. In this reference,
the necessary multitime-scale behavior of this vehicle’s dynamics
was demonstrated. And the energy-state solutions were judged to
compare sufficiently favorably with a more accurate computational
solution obtained via nonlinear programming to justify using the
simpler approach in this sensitivity study.

The key resultfrom the energy-stateanalysisis that the minimum-
fuel trajectory results if the vehicle is operated at each energy
level E such that dE /dW is maximized. Thus, locally maximizing
dE/dW, leads to the minimum-fuel trajectory for the SSTO mis-
sion. The optimal propulsionsystem (scramjet, rocket, etc.) can also
be determined from this algorithm. That is, the propulsion system
that yields the maximum dE /dW at a given flight condition yields
the optimum vehicle performance.

Finally, in this study, the scramjet-powered phase of the mission
will be of primary interest. As discussed in Ref. 14, for flight be-
tween approximately Mach 6 and the edge of the (air-breathing)
flight envelope, a scramjet engine can be the optimum propulsive
mode, and the attention in this study will be focused on this phase
of the trajectory. It will, therefore, be assumed that the vehicle is
accelerated optimally up to Mach 6 by another propulsion system
such as a turbo/ramjet.

SSTO Mission Characteristics for the Baseline Vehicle

The parameters defining the baseline configuration are listed in
Table 1. Figure 7 presents the flight envelope for this vehicleover the

Table1 Baseline
configuration data

Wave 150,000 1b
A, 7.5x W,
A, 5

W, 20 ft
w, 40 ft
Wab 40 ft

N 75 ft
123 80.3 ft
I3 150 ft
7 15 deg
o) 14 deg

minimum-fuel
trajectory

Altitude(10,000 1)

Velocity (1000 ft/s)

Fig. 7 Performance of baseline configuration.

range of Mach number being considered. Also shown are contours
of constant energy gain per weight of fuel used, dE/dW,, along
with contours of constantenergy height E. The constant E contours
are shown as dash-dot lines, and note that these contours appear
almost vertical in the hypersonic Mach regime.

The minimum-fuel trajectory is revealed in the same figure. For
this trajectory,scramjetignition s arbitrarily taken to occur at Mach
6 and 40,000-ft altitude (correspondingto an Eq = 5 x 10° ft). The
initial phase of flight is a zoom climb at constant E to the optimum
altitude of 75,000 ft, followed by a shallow, accelerating climb to
slightly above Mach 25 at 150,000 ft (corresponding to an £, =
9.9 x 10° ft). Finally, a constant-energyzoom climb is performed to
orbit insertion at 200,000 ft. The time required from scramjet igni-
tion to orbitinsertion is 1085 s, and the fuel required is 160,000 Ib.

Alsodepictedin Fig. 7 are lines separatingtheregions of operation
with regard to the engine diffuser limit and the FAR limit. One
region of the envelope correspondsto flight with A; < 1 (yielding
P, = 1 atm), and one to flight with A; = A 0 = 1 (P, > 1
atm). Note the change in shape of the constant dE /dW, contours
between these regions, and that the minimum-fuel trajectory takes
place entirely in the variable-geometryregion of the flightenvelope.
With regard to the other propulsion limit, the FAR in the combustor
is either < 0.03 (for M3 = 1) or the stoichiometriclimit of 0.03 (for
M; > 1).The pointalong the minimum-fueltrajectoryat whichFAR
hits the stoichiometric limit is evident in the plot of the trajectory,
as well as in the time histories shown in Fig. 8.

Finally, the contour in Fig. 7 labeled “heating rate constraint”
reveals the effect of a limit on the maximum allowable heating rate
experiencedby the vehicle. The heat transferrate near the stagnation
region may be estimated from the following relation'’:

O =865R, %<V/10“>“ (0/p0)* (12)

where R, is a function of the vehicle’s fineness ratio. For a given
vehicle, Eq. (12) is of the form

Q =C,ph vk (13)

where C, is a geometry-dependentproportionality constant and k,
and k, are taken to be 2.65 and 0.5, respectively. This relation was
used to establish the constraintin Fig. 7, where the heating rate for
the constraint shown corresponds to 5000 Btu/ft>/s for the baseline
configuration.

Now the optimal trajectory discussed violates this heating con-
straint. In fact, the maximum instantaneousheating rate experienced
exceeds 10,000 Btu/ft*/s. Further, the total heating load on the ve-
hicle, the heat flux integrated over the entire trajectory, is 7.8 X
10° Btu/ft?.

If, however, the maximum-heat flux is constrained to 5000
Btu/ft*/s, the constrained minimum-fuel trajectory can also be iden-
tified from inspection of Fig. 7, using the energy-state algorithm.
The first phase of this constrained trajectory is unchanged from the
unconstrained case until the trajectory intersects the heating con-
straint. This intersection occurs at about 11,000 ft and 17,000 ft/s.
Beyond this point, the constrained optimal trajectory lies on the
constraint boundary. Note that this constrained trajectory cannot
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Fig. 8 Minimum-fuel trajectory histories, baseline configuration.

achieve orbital energy within the vehicle’s flight envelope. Hence,
conversionto rocket propulsionwould be required to achieve orbital
conditions in this case. The scramjet-powered phase of flight would
terminate near the first dot on the heating constraint, and rocket
power would be initiated at that point.

For this constrained trajectory, 182,000 Ib of fuel are required for
the scramjet phase of the trajectory, which is now 2035 s in dura-
tion. The effect of the heating constraint on mission performance
is significant. Further, the total heating load experienced for the
scramjet-powered phase has increased to 2.83 x 107 Btu/ft>. This
value is higher than that for the unconstrained case because the time
of flight has been greatly increased. As discussed in Ref. 12, con-
straining heatload, rather than heatingrate, leads to trajectorieswith
much shorter time of flight but much greater heating rate. Thus, the
minimum-fuel trajectory is a strong function of the type of heating
constraint that is driving the structural design. For the remainder of
this paper, we will consider only trajectories unconstrainedby heat-
ing. These importanteffects will be furtheraddressedin future work.

Figure 8 depicts the histories of key parameters along the origi-
nal unconstrained trajectory. Shown are angle of attack, axial load
factor, fuel-flow rate, combustor inlet and exit Mach number, and
diffuser area ratio. Note that angle of attack is modest, the peak
axial load factoris almost 5 g, and the average Mach number in the
combustor is about 3.

As already noted, a variable diffuseris required to regulate com-
bustor flow conditions. Of interest is the performance impact of
such a diffuser, and a fixed-diffuser configuration was also evalu-
ated. Here the diffuserratio selected was 0.25, and the trajectory was
recomputed holding the combustor inlet pressure constant at 1 atm
from scramjetignition at Mach 6 until achieving orbital energy. The
time required for this scramjet-powered phase of flight increased to
1965 s, and 185,000 1b of fuel was used. Compared to the baseline
configuration with variable diffuser, this represents an increase in
time of flight of 820 s and 26,000 1b less weight to orbit.

Subsystem Efficiencies and Sizing

A partial list of fundamental phenomena that can affect sub-
system efficiencies follows. Although the issues are categorized
as either aerodynamic or propulsive, note that several could fall
under both headings. Aerodynamics phenomena include bound-
ary layer buildup and/or transition on forebody; three-dimensional
aerodynamic effects; Z-turn force, inlet/cowl design; spillage of
flow around engine inlet; control surface drag; and heating effects.
Propulsion phenomenainclude cooling issues, in terms of fuel-flow
rate required; engine temperature (structural) limits; total pressure
(i.e., energy) losses in each stage of engine due to viscosity, shocks,
heat transfer, etc.; combustion inefficiencies; exhaust plume effects,
under- or overexpansion of air along afterbody; diffuser area ratio,
nozzle arearatio; throttling,fuel scheduling;effectof differentfuels;
and engine inlet/cowl design, mass capture, and pressure recovery.

In addition, there are sizing phenomena: vehicle geometry, lengths,
and widths. The question is how to assess the effects of these phe-
nomena on mission performance without having detailed models
for the phenomena. The approach used here is to introduce some
efficiency factors.

Each physicalcomponentof the vehicleis designedto accomplish
a basic subtask that involves some fundamental physical process,
such as mass capture, force generation, or energy conversion. A set
of efficiencies will now be defined in terms of these basic subtasks.

Inlet Mass Capture

The basic process carried out by the engine inlet is capturing air-
flow with minimum energy loss. The mass-capture process depends
on, for example, the boundary-layer buildup on the forebody and
spillage at the inlet due to the bow shock detaching from the engine
lip.'*'7 From conservation of mass, the ideal inlet mass flow rate
M jdeat 1

M igen = pi ViA; (14)
and so let the actual mass capture be expressed as
mi.uclual = nmmi.ideal = nm(lol VlAl) (15)

which defines the mass capture efficiency 7,,.

Diffusion/Expansion

In each stage of the engine, diffuser, combustor, nozzle, energy
losses will occur, for example, due to viscous effects, shocks, and
heat transfer from the flow to the engine structure.>~'7 A loss in
total energy leads to a loss in total pressure or total temperature.
The basic process accomplished by both the diffuser and the nozzle
is efficient pressure recovery. Therefore, for these two subsystems
one may best define energy loss in terms of a loss in total pressure.
Thus, for the total pressure across the diffuser, define

P2 = MNaPni (16)

where diffuserefficiency , is the diffuser total pressureratio. Then
we have

p{1+10r — 23}

}V/(Y*l) (17)

=nap {1 + [y — )/2IM}
Note thata variable-geometrydiffuseris assumed here, which deliv-
ers apressure of 1 atm into the combustor, or p,. From the preceding
equation, for a fixed value of p, (e.g., 1 atm) the Mach number into
the combustor M, will be reduced as n, is reduced.
The diffuser area ratio A, that will deliver the desired p, is com-
puted by enforcing mass conservation,> which results in the fol-
lowing:

y+D/(y=1
{141 — /M)
M;
(y+/(y=1
P LR e Vi M P
¢ Mlz Pn
or, effectively,
y+D/(y=1
{141 —v/2amz}" "
M;
y+D/(yr=1
{1+1 = v}

= (Agna)* (18)

A

Inserting n, from Eq. (17) into Eq. (18), it can be shown that to
reduce M,, ratio A; must increase. Thus, the effect of diffuser p,
loss, forfixed p», istoreduce M, and increase A,. From the Rayleigh
flow combustion model, the reductionin M, equates to less energy
obtained from combustion,”®> which, of course, leads to a reduction
in thrust.
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By similar arguments, the two governing equations across the
nozzle are

{1+16 - 1)/2]M§}(V“>/<yﬂ>
M3
{1+ - 1)/2]M32}(”“/<V71>
= (A’lnn)z (19)
M3
and
P4{1 + [y — 1)/2]M42}”(V*1>
= nops {1410 — D2z} (20)

where nozzle efficiency 1, is defined as the nozzle total-pressure
ratio p,4/ps3. For a fixed nozzle area ratio A,, the effect of nozzle
p; loss is a reduction in both M, and p,, which from Eq. (2) leads
to less thrust.

Combustion

The combustoris designed to convert chemical energy in the fuel
to heat energy of the working fluid. Fundamental causes of com-
bustor energy loss include, for example, incomplete mixing of fuel
and air, incomplete burning, and insufficientreaction and/or ignition
times due to finite-rate chemistry.”'® The ideal total temperaturerise
of the working fluid due to combustion may be related to the FAR
as follows:

FAR Q,

AT, e = —————— 21
41+ FAR)e, D)

This relation is based on the assumption that complete, ideal energy
conversion occurs from the fuel to the working fluid.

Energy loss in the combustor may then be reflected in terms of
loss in AT, for a given FAR, or

ATI.uctual =N A Tl.ideal (22)

Thus, the effect of combustor energy loss, as modeled herein, is to
reduce the amount of energy release in the combustor, thus reducing
thrust for a given fuel flow.

Afterbody/Nozzle Expansion

The afterbody/kxternal nozzle subsystem affects the generation
of the exhaust-plume force, for given flow conditions at the engine
exit. Let the magnitude of Fjjune, the vector sum of X- and Z-plume
forces, be given by

M} 23

|Fplume| = Poolzvvub|:(13 1
where P = P,/P,,. Let the reduction in |Fyj,n.| due to any reason

be reflected by a reduction in afterbody expansion efficiency 7.,
defined by

P ((P)
| Fplume. actual | = MNe | Fplume. ideal | = (ne u/ub) Poo lZ [m} (24)

Aerodynamic Forces

The aerodynamic lifting surface(s) generate the required aero-
dynamic force F,e, the vector sum of the lift and drag. And, for
example, a phenomenon affecting F,.,, is the pressure loss around
the edges due to three-dimensionaleffects."” Any reductionin | Fyero |
then gives rise to an aerodynamic efficiency parameter 7,, where

| E\ero. actual | = Na | E\ero. ideal | (25)

Parasite Drag

Becauseof viscouseffects, surfaceroughness,and control surface
deflections, the parasitedrag will increase above theideal value. This
would be associated with a concomitantincrease in the profile drag
coefficient Cp, .

Table 2 Configuration matrix

Conﬁg uration Nm Na Ne Ne Nn Nd CD() Wp Wo W

Baseline 1 1 1 1 1 1 0024 40 20 40
I 09 1 1 1 1 1 0024 40 20 40
I 1 1 1 09 1 1 0024 40 20 40
I 1 1 09 1 1 1 0024 40 20 40
v 1 09 1 1 1 1 0024 40 20 40
\Y% 1 1 1 1 1 1 0014 40 20 40
VI 1 1 1 1 09 1 0024 40 20 40
VII 1 1 1 1 1 09 0024 40 20 40
VIII 1 1 1 1 1 1 0024 36 20 40
X 1 1 1 1 1 1 0024 40 18 40
X 1 1 1 1 1 1 0024 40 20 36
Sizing

Three sizing variables were utilized in the various expressions
given for forces, fuel flow, etc. These were characteristic fore-
body width W,, characteristic afterbody width W,,, and character-
istic propulsionsystem width W,,. Consequently, effects of changes
in these characteristic lengths can also be evaluated, where these
lengths have sizing implications. Note, however, that in the follow-
ing treatment, no change in structural weight is considered when a
characteristic length is varied.

Finally, in several expressions for forces, fuel flow, etc., the var-
ious efficiencies appeared in product terms involving one of these
characteristic widths. For example, consider the following expres-
sion for the mass-capture efficiency:

mi.uctual =N mi.ideal = nm(lol ViAi)ideal (26)

A change in this efficiency could also be interpreted as a reduction
in effectiveinlet cross-sectionalarea. This area can be related to W),
through the expression

Ai = Hi Wp (27)

where H; is the engine inlet height. Consequently,several efficiency
parameters already defined may be related to sizing variables or
characteristicslengths(see Table 2). With thisobservation,the sizing
implication of such efficiency changes is readily apparent.

Parametric Configuration Matrix
and Mission Performance

The subsystem efficiencies and sizing parameters give rise to a
matrix of vehicle configurations (Table 2) in which each configura-
tion is defined in terms of a single perturbation from the baseline.
This defines 10 perturbed configurations, denoted configurations
I-X.

The minimum-fuel, scramjet-powered trajectories were deter-
mined for each of these configurations. In #-V coordinates, the
optimal trajectories for configurations [-IV and VII-X are indistin-
guishable from that for the baseline configuration. (However, the
time histories differ somewhat.) The optimal k-V trajectories for
configurations V and VI were very similar to that of the baseline,
but the altitude is about 1000 ft lower than that for the baseline
at a given velocity. The flight envelopes (defined by the contour
correspondingto dE /dW, = 0) for configurations I-1II, VI-VIII,
and X are smaller than that of the baseline, whereas the envelopes
for configurations IV, V, and IX are larger than baseline. Table 3
summarizes the key numerical results.

Subsystem Sensitivities
Under the sizing paradigmused in this analysis,an increasein the
fuel weight required to reach orbit reduces payload to orbit pound
for pound. Thus, the payload sensitivitiesfor each perturbationmay
now be determined. For example, to first order the change in payload
to orbit due to the aggregate effects of each perturbation could be
expressed as follows:

6 3
Apayload = Z SiAn; + 8$7ACp, + Z Si7AW; (28)

i—1 j=1
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Table 3 Subsystem performance implications

Configuration Time, s Fuel, Ib Effect
Baseline 1085 159,000
(total) (total)

1 +500 +47,000 Reduced mass capture

I +560 475,000  Imperfect combustion process

111 +120 +11,000 Reduced afterbody forces

v 215 —28,000 Reduced forebody
aerodynamic forces

v —490 —46,000  Decreased parasite drag

VI +450 471,400  Increased nozzle energy losses

VII +225 431,400  Increased diffuser energy losses

VIIL +500 +47,000  Propulsion-system width (size)

X —-215 —28,000  Forebody width (size)

X +120 +11,000  Afterbody width (size)

Fixed diff. +880 426,000  Fixed-geometry diffuser

Each sensitivity S; is defined as the change in payload to orbit per
percentage change in each of the 10 parameters, while holding the
other parameters at their baseline values. From the results in Table
3, these subsystem sensitivities are

S, = 47001b per % increase in n,,
S, = 7500 1b per % increase in 1,

S, = 11001b per % increase in n,

S, = —28001b per % increase in 7,
S, = 31401b per % increase in n,
S, = 71401b per % increase in 1,
Scp, = —1101b per % increasein Cp,
Swp = 47001b per % increasein W,
Swa = —28001b per % increasein W,

Swa = 11001b per % increase in Wy,

Based on these sensitivities, the greater importance of propul-
sive effects (i.e., mass capture, combustion and nozzle efficien-
cies) over aerodynamic effects (afterbody expansion, aerodynamic
force production,and parasite drag) is apparent. Specifically, a 10%
change in combustionefficiency leads to a 75,000-1bchange in pay-
load to orbit, which is 25% of the initial weight of the baseline
configuration.

Of interest also is the fact that a reductionin aerodynamic force-
generation capability, or a lower 7, leads to increased mission per-
formance. Further analysis reveals that the baseline vehicle is oper-
ating at a suboptimal L /D overa significant portion of the trajectory.
Note that this does not imply the trajectory is suboptimal, but that
the propulsive/aerodynamictradeoff thatleads to optimum mission-
performance results involves operating at a suboptimal L/D. This
result demonstrates that maximizing subsystem efficiency does not
necessarily lead to maximum system efficiency.

As noted from Egs. (8) and (9), in additionto L/D, T/W and
SFC play a significant role and are angle-of-attack dependent. The
required angle of attack at a particularflight conditionis determined
by enforcingforce equilibrium. And ifless liftis generatedata given
angle of attack, due to alower 1, for example, then the vehicle must
operate at a higher angle of attack. And the increase in performance
with a lower 1, simply indicates that the propulsive-performance
gains from operating the vehicle at higher angle of attack more
than offset the loss from operating at a different L /D. This result
suggests furthermore that there would be little performance penalty
associated with a modestincreasein the vehicle weight for the base-
line configuration, because higher weight also leads to a higher trim
angle of attack.

Finally, with regard to sizing, the results suggest that to enhance
mission performance, effective forebody width W, should be re-
duced, while effective propulsive width W), and afterbody width
W.bp should be increased. Such a configuration would have a lower
slendernessratio than the baseline, with strong emphasis on propul-
sive performance.

Conclusions
Air-breathing, SSTO vehicles have unique characteristics. Like
aircraft, they rely on significant aerodynamic lift, and over a wide
range of the flight envelope they have smaller thrust-to-weightratios

than rockets. But like rockets, their mission is to maximize payload
into orbit, and so propulsive and structuralefficiencies are extremely
important. An energy-state analysis methodology was suggested for
the performance analysis, and the sizing problem was formulatedin
terms of an optimization paradigm. For the class of vehicle consid-
ered, the minimum-fuel orbit-insertion trajectory is characterized
more as an accelerating shallow climb in the atmosphere rather
than either a cruise like an aircraft or a ballistic launch. Mission
performance was evaluated, effect of heating constraints discussed,
maximum orbital mass fractions determined, and configuration sen-
sitivities assessed. Results based on the mission and vehicle model
considered here indicate that the maximum achievable orbital mass
fractionis a strongfunctionof propulsion-systemefficienciesand, to
alesserextent, the vehicle’s aerodynamicefficiency. Furthermore, a
mission-performance-gptimized configuration would tend to have a
low slendernessratio, with maximum propulsive capability. Under
the energy-state algorithm, the optimum propulsion system is that
which delivers the maximum energy gain per weight of fuel used.
Finally, heating constraints have a significant effect on operational
efficiency and mission performance.
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